¢629

NACA RM No. A8L20

o Pl

-~

L S
- RM No. A8L.20

L96EhTD

AR

KN ‘g4v) AHVHET HO3L

RESEARCH MEMORANDUM |

INVESTIGATION OF A THIN STRAIGHT WING OF ASPECT
RATIO 4 BY THE NACA WING-FLOW METHOD.- LIFT
AND PITCHING-MOMENT CHARACTERISTICS
OF THE WING ALONE

By George A. Rathert, Jr., Carl M. Hanson,
and L. Stewart Rolls

Ames Aeronautical Laboratory .-
Moffett Field, Calif. : -

NATIONAL ADVISORY COMMITTEE
FOR AERONAUTICS

WASHINGTON
February 14, 1949




:P”

Classification cancG?!ﬁAgrA‘.haInud to
~

ecn.- l_)f\l-‘-’“nce e

By futherit. . e e
{ 'FFITER AQT

| .

.................................

T3 FAE Dy

¥

Lrds

-
L



TECH Llaggym
TR
o T

NATTONAL ADVISORY COMMITTEE FCOR AFRONAUTICS

RESEARCH MEMORANDUM

INVESTIGATTON QOF A THIN STRATIGHT WING OF ASFECT
RATTO 4 BY THE NACA WING-FLOW METHOD.— LIFT
AND PITCHING-MOMERT CHARACTERISTICS
OF THE WING ALONE

By George A. Rathert, Jr., Carl M, Hanson,
and L, Stewa.rt Rolls

SMMARY

The 1ift and pitching-moment characteristice of a straight
wing of aspect ratio 4, taper ratio 0.5, having & symmetrical
douvble-wedge airfoil section with & maximm thickness of L, lU—
percent chord, have been measured by the NACA wing-flow method in
the Mech number range 0.5} to 1.20 and the Reynolds number range
380,000 to 660,000. The results are compered with theory and with
wind-tunnel 'bests of a similsr model.

Below 0.82 Mach number, the lift—curve slope was not affected
by surface condition and could be computed quite accurately by
using the Weissinger lifting-line method. Above 0.82 Mach number,
the lift—curve slope 1ncreased more abruptly than indicated by
theory, reached a peak at 0.92 Mach number, then gradually decreased
thereafter at & lower rate than indicated by Lagerstrom'’s lifting—
surface theory for supersonic speeds. In the Mach nuwber range of
0.82 to 1.00, both the 1ift and pitching-moment characteristics
were conslderably affected by the surface condition, and, presum-
ably, the test Reynolds number.

The pitching-moment—curve slopes indicated that up to 0.83
Mach number the aerodynemic center remained at approximately 0.25
M.A.C. in general agreement with theory and wind—tumnel tests.
Between 0-53 and 1.20 the serodynamic center moved rearward to
0.42 M.A.C., epproaching the supersonic theoretical curve.



- apr A NACA RM No. A8L20

INTRODUCTION

The NACA wing—flow method is currently being used to study the
effects of Mach number on the lift—curve slope and serodynamic
center of several types of wing plan forms suitaeble for transonlc or
supersonic flight. This report presents the results for the first
plan form tested, a straight wing of aspect ratio 4, teper ratio
0.5, having a symmetrical double-wedge airfoil section with a maxi—
mum thickness of 4.4—percent chord.

The primary purpose of the test program is to determine if any
abrupt or excessive chenges occur in the transonic speed range;
however, the results are also used to Investigate the extent to
which the cherascteristics can be predicted theoretically and to
evaluete the testing technique by providing direct comparison with
wind~tunnel deta et higher Reynolds numbers. The semispan wing wes
designed as a l/9—sca.le model of a wing tested in the Ames 12-foot

pressure wind tunnel (reference 1), the source of the comparstive
da.tao

SIMBOLS
Ax ratio of the net aerodynamic force along the test vehicle

X axis (positive when directed forward) to the weight
of the test vehicle

lift
C 1ift coefficient )
: (g
Cnm pltching-moment coefficient, used with subscript to denote

longitudinal reference axis <pi‘tching mOment>

qsSfc
M Mach number ( a)

R Reynolds number <ch>

wing ares of the semispan model, square feet
v sirspeed, feet per second

a gpeed of sound, feet per second

b wing span, feet
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local chord, feet

c2dy
mesn gerodynamic chord <—g/—2——> , Teet

root chord, feet

dynamic pressure (%p\?e) s pounds per square foot

local veloclty, feet per second

spanwlse locatlon, feet

distance above test-station surface, inches
engle of attack, degrees

boundary-layer thickness, inches

displacement thickness { [ f5 < 5 l-l } d.z} s lnches
&0

slr viscosity, slugs per foot-second

mess denslty of alr, slugs per cublc foot

Subscrlipts
25—percent M.A.C. reference axls
50—~percent M.A.C. reference axls

edge of boundary layer

TEST EQUIPMENT

The data were obtained by placing the semispan model in a
region of accelerated alr flow over a speclal bullt—up test station
on an airplane wing. The model was mounted normal to the test—
station surface on a three—component recording balance which was
oscillated continuously to vary the angle of attack. A view of the
test station with the model installed 1s given in figure 1.



L ‘IIEIE&EEHI‘III'I' NACA RM No. ASL20

Model

The model was a l/9—scale reproduction of the one described
in reference 1 and was constructed of solid steel. Practical
mechining tolerances, which were expended mainly to keep the model
symmetrical, resulted in the dimensions indicated in the drawing
of the model (fig. 2). The only significant difference between the
wind=tunnel and wing—flow models was & reduction of 0.1 percent in
thickness retio which should primarily have affected the drag data.
The measurements were made to an accuracy of +0,0002 inch. Figure 3
is s photograph of the model.

Balance

The three—component balance (normal force, chord force, and
pltching moment) is illustrated schematically in figure 4. The top
of the balance, which is 6 inches in diameter and serves &as the
model end plate, is supported by four slde posts ln such & menner
that it 1s prevented from tilting by the slde posts but restrained
from translation end rotetion by the appropriate sitrain-gage members
only., Flow from the interior of the wing through the gep to the
wing surface ls lmpeded by a three-element baffle with clearances of
0.015 inch. The model angle of attack is varied by rotating the'
entire balance sssembly at a rate of 1° per second, The fixed and
rotatable parts are indicated in figure 4,

The strain-gage elements are encloséd in & thermelly insulated
drum containing & heat supply and reguletor intended to maeintain a
constant operating temperature, The gage outputs are recorded by
gtandard NACA double-element galvenometers synchronized at half-—
second intervels by an electric chronometer, The galvanometers and
the current regulators are also maintained at the operatlng temper—
sture of the geges in the balance chamber.

Flow Field

Measured cheracteristics of the flow fleld include the horizon—
tal and the vertical Mach number gradients end test—station bowndary—
layer profile. The measurements were made without the model in
plaece but under conditions of constant ailrplane Mech number, normal
acceleration, and average pressure altitude otherwise ldentical with

the test rumns.
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The streamwise or chordwise Mach number distributlons were
computed from the static pressure on the test-station surface and
the free—stream stagnation pressure. These data (fig. 5) indicate
that the chordwise Mach number gradient on the model was less than
0.01 per Inch at & test Mach number of 1.20. This gradient falls
off to zero at the lower Mach numbers.

The vertical (spanwise on the model) Mach number gradlents were
studied indirectly on & similar test station by recording total and
static pressures at the 60-percent—chord point on a 10—inch~high
wedge—shaped alrfoll and computing the spanwise varlation of local
Mach number on the wedge. According to these data (fig..6), the
Mach number decreeased approximately 0.01 for each Iinch of model spen,
and the gradient was reletively independent of test Mach number.

. Direct measurements of a vertical static pressure field showing
results consistent with those presented here are dlscussed in refer—
ence 2.

Typlcal test—-statlion boundary-layer profiles are presented in
figure 7. These data were obtalned by the methods described in
reference 3 and used to compute the boundary-layer displacement
thickness, 0.045 inch at% a test—station Mach number of 1.15. The
ratio of displacement thickness to model height was 0.011l which is
comparable with the value of 0.0Llhk for the tests of reference 1.

The values of Mach number and dynamic pressure at the model
centrold of ares were determined from the preceding gradients and
used in the reduction of the test date., The corresponding average
veristion of model Reynolds number with test Mach number (fig. 8)
was computed by assuming isentroplc expansion from free—stream
stagnation conditions to the test station at a pressure altitude
of 15,000 feet.

ACCURACY

Deviations in the experimentel results from the correct full-
scale free—Llight characteristics may arise from three sources:
(1) uncertainties in the direct physical measurements, (2) measure—
ment errors introduced by aerodynamic effects (e.g., the effect of
the presence of the model on the flow field), and (3) actual
changes in aserodynamic characteristics resulting from differences
in scale.

-
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Data precision 1s normally defined 1n terms of Just the first
two sources of error; however, In tests of the present type the
unknown scale effects may be quite large and cannot be separated
experimentally from the errors. It 1s possible to treat individually
only the direct physical measuring equlipment and its accuracy, which
is the subJject of thils section.

Mach Number

The results of the calibration runs indicate that the over—all
uncertainty in Mach number is +2.0 percent. This figure includes
variations from flight to flight and also within the 10-—second
period in which the records are obtained. The corresponding uncer—
tainty in dynamic pressure varies from #3.4 to +1.8 percent over
the Mach number range.

Angle of Attack

The local flow directlon was obtained by averaging the meas—
ured sttitudes of the two free~floating reference vanes visible on
elther side of the model In figure 1. The angle of attack was
computed from the positions of the reference vanes which were meas—
ured by a direct optical system with an accuracy of +0.1° and the
angular position of the model (corrected for moment—gage deflection)
which was measured by an autosyn system with an accuracy of +0.40°.
The combined precision was therefore +0.42°,

Force Measurements

The major uncertainty in the force measurements 1s a varilation
in the strain—gage zero—Lload readings under opereting conditions.
This uncertainty amounts to #2.0 percent of the maximum load values,
or +0.06 pound normal force, +0.02 pound chord force, and +0.06
inch~pound pitching moment. The callbration slopes are not affected.

Tare Correctilons

The following sources of tare loads were investigated: (1)
friction in the balance assembly, (2) forces on the model and balance
top due to static pressure gradiemts, (3) acceleration loads due to
the weight of the model and balence top, (U4) skin friction on the
balence top or end plate, gnd (5) teraction between the normal- and
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chord-force gages due to misalinement about the gage neutral axes.
The first two effects were found to cause tare forces smeller than
one-half of one percent of the meximum loads and have been neglected.
Correctlons for the last three effects were determined and have been
applied as described in the following paragraphs. The corrections
are all chord—force tares and amount to several times the megnitude
of the basic drag forces. For this reason no drag date are presented
and the corrections have been used only to compute Cp and Cmo.asc

Acceleration.— The longltudinal acceleration of the test airplane
produced a tare force in the streamwise direction equal to the
product of Ay and the effective weight of the balance top and model
assembly, 3.51 pounds. The tare corrections were computed from
continuous measurements of Ay obtained from a sensitive accelero—
meter mounted parallel to the plane of the balance top.

Skin friction.— An additional streamwise tare force was
produced by the skin friction acting on the relatively large area of
the balance top. The skin—friction drag coefficient was measured
during teste with no model 1n place and then applied to the area of
the balance top exposed with the model installed to compute the tare
force. At a test—station Mach number of 0.51 the skin-friction drag
coefficlent was 0.005, glving a tare force equal to a model drag
coefficlent of 0.017T7 at zero angle of attack.

Misallnemont.— The third correction found necessary was one
applied to the chord-force data as a function of normal force to
compensete for the misalinement of the chord-force gage about its
neutral axis, The correction was determined from static—load calil-
bration tests.

Summary of Accuracy

Almost all of the preceding errors are of a type that would be
constant within one dive or one angle—of-attack sequence, which means
that the accuracies presented apply principally to the determination
of absolute values and that the measurement of slopes such as
dGL/dm should be more precise. This reasoning may be substantiated
by comparing the relative amount of scatter in the plots of dGL/dm
with the scatter in C; for « = 0.

The effect of the preceding information will be lllustrated by
a table presenting examples of the absolute value and the uncertainty
of the test data at the lowest and highest dynamic pressures and a
1ift coefflecient of 0.50.
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Quantity M=0.51 M= 1,20
Machnunber, M . « o ¢« ¢ ¢« ¢ ¢« &« » o« ,» 051 + 0.01 1.20 = 0.02
Angle of attack, a, degrees. . . . . . . T.3 & O.b 5.9 + 0.k4

Lift coefficient, Cr, « + « » . « . . 0.500 + 0,018 0.500 * 0.009

Pitching-moment coefficient

Cm e s o s s s s e s e oo 0,100 £0.005 0.047 *0.001
0.50C
- o € e @ ® 0 o o ¢ o ¢ o o "'00023 iOOOOY _0'077 iOQOC)Q
C.25C : . ’

H+

Drag coefficient, Cp. . . . . . . . 0,0L1 + 0,00k4 0.030 %= 0.001

TESTS AND RESULTS

The model was tested with two surface conditions; polished smooth
and coated with a mixtyre of clear lacquer and lampblack over the
leading 50-percent—chord portion of both surfaces. The largest
lampblack particles were 0.002-inch high.

The date were recorded in the form of time histories of an
oscillation of the model from —2° to +8° angle of attack at constant
Mach nunbers ranging from 0.51 to 1.20. The corresponding Reynolds
numbers may be found in figure 8. In order to obtain stable test
datae,the test—station Mach number was held constant and the model
rotation started 3 to 5 seconds in advance of the perilod in which
the data were used. Three typical time histories are presented in

figure 9.

The 1ift and pitching-moment characteristics of the model with
the polished surface are presented In figures 10 and 11. The charac—
teristics of the roughened model ere presented in figures 12 and 13.
Tests of the roughened model with an extended angle-of-attack range
to obtain stall detail at a Mach number of 0.88 are presented in
figure 14, The pitching-moment date in figures 11, 13,and 1k have
been transferred from the 0.50 M.A.C, axis of measurement to the
0.25 M.A.C. axls, .
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DISCUSSION

Examination of figures 10 and 12 shows that at all Mach numbers
the 1ift varied linearly wlth angle of attack up to approximately
0.50 1ift coefficient. The pitching—moment data (figs. 11 and 13)
indicate an increase in stability or large rearward aerodynamic-
center shift starting at 1ift coefficients of 0.30 to 0.40. Below
this stable break the data were linear at all Mach numbers. The
preceding characteristics were not affected appreciably by changing
the surface condition.

Maximum 1ift was attained only on a few runs near the critical
Mach number. Although the test Reynolds number 1s quite low, a
representative time history of a complete stall 1s presented as a
matter of interest in figure 9(b). The corresponding cross plots
are presented in figure 1.

Effects of Mach Number

The effects of Mach number on ‘the lift—curve and pltching—
moment-curve slopes at zero 1ift are presented in flgure 15.
Symbols are used to iIndicate the individual slope measurements in
order to show clearly the amount of scatter obtained in relation
to the size of the changes discussed.

The lift-—curve slope of the wing with polished surface
increased smoothly up to 0.82 Mach number, then rose more abruptly
to a maximm of 0,104 at 0.92 Mach number, an increasse of about
50 percent over the low-—speed valus. At higher Mach numbers the
slope decreased gradually up to the limit test Mach number, 1.20.
Adding surfece roughness flattened out the abrupt rise between
0.82 and 0,92 Mach numbers so that the peak value was less and
cccurred at a higher Mach number., This effect will be discussed In
more detell later.

The pltchlng-moment—curve slopes lndlcete that at low speeds
the eerodynemic center was at the 0.25 M.A.C. point. There was
relatively little change up to 0.83 Mach mumber when the aerodynamic
center moved rearward to about 0.34% M.A.C, at 0.88 Mach number. In
the Mach number range 0.88 to 0.95 there was a small reduction in
stability, equivalent to a forward movement of 0.025 M.A.C. From
0.95 to 1.20 Mach number the aerodynamlic center moved steadlly to
the rear to 0.42 M.,A.C. at 1.20 Mach number, The result of adding
surface roughness was the seame as in the case of the lift—curve
slope, affecting the date only in the Mach number range of 0.88 to
0.97. ‘
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Comparison with Wind-Tunnel Tests and Theory

The dete are compared with the results of the Ames l2-foot
pressure wind tunnel (reference 1) in figure 15, and with appro-
priete theory in figure 16, Two sets of the wind—tunnel date are
presented in order to compere the effect of rounding of the midchord
ridge lines with the addition of roughness in the wing-flow tests.

For the theoretical caloulations, the lifting-1ine method of Welsslnger
as applied in reference U4 wae used in the subsonic range and corrected
for compresslbllity as suggested in the referesnce. For the super—
sonlc speed range, the results of Lagerstrom's lifting—surface theory
were obtalned from reference 5.

Lift-curve slope.~ In figure 17 individual curves of the 1ift—
coefficient variation with angle of attack for the wing-flow and the
wind—tunnel tests show good agreement at 0.5 Mach number. Between
0.51 and 0,82 Mach numbers the wing—flow and wind-—tunnel lift-curve
slopes remin in very good agreement (fig. 15). Both the absolute
value and the rete of increasse wlth Mach number were predicted
agcurately by using the Weissinger method (fig. 16). Neither
changing the surface condition in the wing-flow teste nor the ridge-—
line contour during the wind-=tummel tests haed any significant effect
on the lift-curve slopes.

From 0.82 to 0.93 Mach number the experimental slopes increased
much faster thean the theoretical wvalus, and the amount of divergence
from theory was appreciably affected by the surface condition and
the ridge-line contour, Thils rise and subsequent peak in lift—curve
s8lope is belleved to be due to the effect of Mach number on the

negatlive pressure peak assoclated with the sharp ridge line on the
upper surface. Adding roughness, which thickens the boundary layer,
and rounding of the ridge line tend to reduce this pressure peak.
These modificatlons are seen in figure 15 to reduce the lift—curve—
slope rise considersbly. Also, the incresse in lift—curve slope is
acoompanied by an equally abrupt rearward shift in the aerodynamioc
center which could be explalned by the same increase in the midchord
negative pressure peak.

The datae of flgure 15 indicete thet the surface condition of
the model continuea to have & oritlecal effect on the wing character—
1stics throughout the Mach number range 0.82 to 1.00. Whether or
not the surface conditlon is critloal because of the particular
offect suggested on the ridge~line pressures, it seems apparent that
viscous flow effects are Involved. In the specified Mach number
range, therefore, the model surface, profile, and test Reynolds

number all would be very imﬁrtant conslderations in any attempt to
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study or predict full-scale characteristics from small-model tests.

The correlation between the wing-flow model with polished
surface and the wind—tunnel model with sharp ridge lines is fairly
good up to the peak value of lift-curve slope. Thereafter, however,
the wind~tunnel model loses 1lift effectiveness much more rapidly.
Agaln this difference in bebavior ie believed to be due to viscous
and compressible flow effects., The presence of pressure peaks on
both the upper and lower surfaces and the accompenying possibllity
that Mach number chenges will affect each peak differently afford a
good deal of opportunity for lack of agreement.

In the supersonic range there was no effect of the change in
surface condltion, but the agreement with theory (fig. 16) is not
as satisfactory as in the subsonic case. The variation of 1ift—
curve slope wilth Mach number was less than predicted theoretically,
although the tests did not extend to a high enough Mach number to be
really conclusive,

Aerodynamic center.— The correlation between wing—flow and wind—
tunnel tests of the marked increase in stable pitching-moment—curve
slope, or rearward aerodynemic center shift, starting at 0.40 1ift
coefficient was quite good, as illustrated in figure 17. The slopes
of the pitching-moment curves at zero 1lift, figure 15, show only
falr qualitative agreement with the wind—tunnel results. The wing—
flow date Iindicate a more rearward serodynamic center and a slight
movemsnt aft instead of forwerd with increasing Mach number. These
discrepancies are comparable In size with the amount of scatter in
the wing—flow data. Both the wind-tunnel and the wing-flow curves
show the same lncrease in stability with Mach number associsted with
the abrupt rise in lift-curve slope.

At supersonic speeds the resrward movement of the aerodynamic
center approached agreement with the theoretical velue, as shown in
figure 16. In the subsonic range the use of the 1lifting-line theory
inherently places the center of pressure at the quarter—chord point,

CONCLUSIONS

NACA wing-flow method tests of a thin straight wing with a
symmetrical double-wedge profile, and & comparison of the results
with theory and larger scale wind-tunnel date have led to the
Pollowling conclusions;

1. From 0.51 to 0.82 Mach number the lift—curve slope
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increased smoothly and in good agreement with the wind-tunnel results.
Both the absolute value and the rate of increase with Mach number
were predicted accurately by using the Welssinger lifting-line method.

2, Above 0.82 Mach number the lift-curve slope of the model
with polished surface abruptly increased more rapldly than indicated
by theory, reached a meximum ebout 50 percent greater than the low-—
speed value at a Mach nuiber of 0,92, and then decreased gradually
at higher speeds.

3, Within the Mach number range 0.82 to 1,00 the lift and
pitching-moment characteristics were considerably affected by the
model surface condition and, by inference, the test Reynolds nuuber,
The effects of compressibility and viscosity on the negative pressure
peeks assoclated with the midchord ridge lines are suggested as a
possible explenation.

4, In the limited supersonic range covered by the tests, 1,00
to 1.20 Mach number, the lift—curve slope decreased less rapldly
with increasing Mach number than predicted by the lifting—surface
theory of Lagerstrom,

5. The pitching-moment-curve slopes indicate that up to 0.83
Mach number the aserodynamic center remeined at approximetely 0.25
M.,A.C. in general agreement with theory end wlnd-tunnel tests.
Between 0.83 and 1.20 the aerodynamic center moved rearward to 0.k2
M.A.C., approaching the supersonic theoretical curve. The movemsnt
wes gradual except for the Mach number range assoclated with the
abrupt increase in lift-—curve slope.

6. At all Mach numbers a marked increase in the stable
plitching-moment-curve slopes occurred sterting at 0.30 to 0.40 1ift
coefficient. This characteristic was also observed in the wind—
tunnel tests,

Ames Aeronauticel Iaboratory,
National Advisory Committee for Aeronautics,
Moffett Field, California,
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Area = .05489 sq ft A/l dimensions
Aspect ratio = 4.0 in inches
Taper ratio = 05

Thickness ratio =.044c
Symmeltrical double-

wedge airfoil section

Figure 2.- Dimensions of model.
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Figure 3.— A photograph of the model tested.
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/ Test station
Fixed [ surface

Rotatable

Tension strut

(one opposite) ' Compression
strut
fone opposite)

A-13667
Figure L4.— Three—component test balance.
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Figure 9- Continued.
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Flgure 14~ The characteristics of the wing coated with
lampblack during a stall at 088 Mach number.
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